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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 


RESEARCH MEMORANDUM 


AERODYNAMIC CHARACTERISTICS OF A 68.4° DELTA WING AT 
MACH NUMBERS OF 1.6 AND 1.9 OVER A 
WIDE REYNOLDS NUMBER RANGE 


By John E. Hatch, Jr., and James J. Gallagher 
SUMMARY 


The results of an experimental investigation to determine the effects 
of Reynolds number on the aerodynamic characteristics of a 68.4° delta 
wing at Mach numbers of 1.6 and 1.9 are presented. The wing streamwise 
airfoil sections are based on the NACA OO-series with the maximum thickness 
varying from 4 percent at the root section to 6.24 percent at the 90-percent 
semispan station. At a Mach number of 1.90 force and pressure data were 


obtained over an angle-of-attack range of 16° at Reynolds numbers of 7.2 x 100, 
12.6 x 10°, and 18.4 x 106. Pressure data were also obtained at Mach num- 


bers of 1.95 and 1.62 at Reynolds numbers of 2.2 x 100 ana T. x 100 up to 
am angle of attack of 109. 


At Mach number 1.90 the force data indicated that Reynolds number 
had no significant effects on the measured lift and pitching moment. Ав 


the Reynolds number increased from 7.2 x 106 to 18.4 x 106 , however, the 
minimum drag coefficient of the wing (largely turbulent boundary layer) 
decreased approximately 8 percent. For the same Reynolds number range 
there was no change in the amount of leading-edge suction developed by 
the wing which was approximately 15 percent of the theoretical value. 


At a given angle of attack the pressure data obtained at Mach numbers 
of 1.9 and 1.62 showed that an increase in Reynolds number affected the 
magnitude and distribution of chordwise loading but had little effect on 
the spanwise loading. 


At both test Mach numbers the shape of the spanwise loading curve 
varied from elliptical at the low angles of attack to more nearly tri- 


angular at the higher angles. 
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INTRODUCTION 


The effects of a large change in Reynolds number on the aerodynamic 
characteristics of а 68,40 delta wing at a Mach number of 2.41 have been 
reported in reférence 1. The greatest effect of an increase in Reynolds 


number from 1.04 x 10° to 18.3 x 100 was to vary the pressure distribu- 
tion over the wing upper surface at angle of attack. ТЪ was shown that 
am increase in Reynolds number delayed to a higher angle of attack the 
formation of a separated region near the wing leading edge. This region 
terminated in a shock wave lying approximately on a ray through the wing 
apex. 


The purpose of the present paper is to provide further information 
on the effects of Reynolds number on the aerodynamic characteristics of 
the wing of reference 1 as well as to provide load distributions for the 
wing at Mach numbers of 1.6 and 1.9. 


Flow-direction surveys on the wing upper surface were made in order 
to provide additional information on the flow phenomena over the wing. 


SYMBOLS 
Free-stream conditions: 
M Mach number 
do dynamic pressure 
Po static pressure 
R Reynolds number, based on wing mean aerodynamic chord 
Wing geometry: 
A aspect ratio 
b span 
C tangent of apex angle 
с wing chord, measured in direction of flight 


с mean aerodynamic chord 
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Cav 


x 


J 


average chord 


wing area 

thickness 

angle of attack, deg 

coordinate along free-stream direction 


spanwise coordinate 


Pressure data: 


р 


Force data: 


Cy, 


local static pressure 


P - Po 
do 


pressure coefficient, 


lifting-surface pressure coefficient per degree 


angle of attack, Py Pu 
400. 


ecc г 
span-loading coefficient, + -P1 “Ри ac 
О алг 


local flow angle 


wing-lift coefficient, Си 


wing-drag coefficient, Drag 

459 
wing pitching-moment coefficient about wing centroid 
Pite moment 


of area, 
а 58 
Chord force 


qos 


chord-force coefficient, 
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lift-drag ratio 


он 


Cre 2-2 
Ғы theoretical suction force coefficient, a l - В 


АС incremental drag coefficient due to lift, C, - © 
min 
Subscripts: 
u conditions on wing upper surface 
1 conditions on wing lower surface 
r value at root section 
max maximm value 
min minimum value 
APPARATUS 


Blowdown jet.- The high Reynolds number tests at M=1.90 were 
conducted in one of the 9-inch blowdown jets of the Gas Dynamics Branch 
at the Langley Laboratory. The jet was so designed that the semispan 
models could be mounted with or without a boundary-layer scoop (fig. 1). 
The test section was 9 inches wide and 6 inches high when the scoop was 
used and 9 inches wide and 6.75 inches high when the scoop was removed. 


Tunnel.- The low Reynolds number tests at М = 1.62 and М = 1.95 
were conducted in the Langley 9-inch supersonic tunnel. This tunnel is 
a single-return, direct-drive type in which the pressure, temperature, 
and humidity of the enclosed air can be controlled. The semispan-wing 
models were mounted directly to the tunnel sidewall with no tunnel 
boundary-layer scoop. 


Models.- The semispan-wing models having an aspect ratio of 1.57 
were constructed from steel. Streamwise airfoil sections are based on the 
NACA OO-thickness series which has its maximum thickness at 30 percent 
of the chord.  Leading-edge radii were modified to average about 0.4 per- 
cent of the local chord. The measured wing maximum thickness varied from 
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4 percent at the root to 6.24 percent at the 90-percent semispan station 
as shown in figure 2(a). A sketch of the wing showing the locations of 
the pressure-survey stations is shown in figure 2(b), and the chordwise 
orifice locations are given in table II. Two pressure-distribution models 
were used in order to include the desired number of orifices, and another 
similar model was used for the force tests. 


In order to determine the local flow direction over the wing upper 
surface at angles of attack, small, symmetrical, weathercocking vanes 
were installed on a full-span sting-mounted model in the 9-inch super- 
sonic tunnel. Figure 3 shows the physical dimensions of the vanes as 
well as the vane locations on the wing surface. 


TESTS AND PRECISION 


The following table shows the range of the tests and the facilities 
used during the present investigation. 


Pressure 
distributions 


Langley 9-inch 
supersonic tunnel 


Pressure 
distributions 


Blowdown jet of š А Pressure 
the Langley Gas : ¿ distributions 
Dynamics Branch š š and forces 


The wing was tested in a blowdown jet with and without a boundary- 
layer scoop. Force data and pressure distributions indicated practically 
no differences in the aerodynamic characteristics of the wing as deter- 
mined by the two methods of testing. (See appendix.) The data presented 
for the wing, therefore, are the results obtained from the wall-mounted 
model with no tunnel boundary-layer scoop. 


The turbulence level in the Langley 9-inch supersonic tumnel is known 
to be relatively low (ref. 2) and extensive laminar boundary layers are 
found under some conditions. Іп the blowdown jet, however, the turbulence 
level is unknown but is believed to be relatively high; this level proba- 
bly results in the model boundary layers being largely turbulent for all 
test Reynolds numbers in this facility. 
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In order to understand better the direction of air flow over the wing 
surface, small vanes were installed at 16 different locations on the full- 
span model in the Langley 9-inch supersonic tunnel. The vanes were во 
located on the wing during each run that no interference effects between 
vanes were possible. 


The angles through which the vanes were turned at each wing angle of 
attack were read by means of a cathetometer mounted outside of the tunnel. 
The accuracy of measurement of the indicated flow angles is estimated at 

о 
E . Additional information on the direction of flow in the boundary 
layer was obtained by an ink-flow method. Ink was allowed to issue from 
the wing surface through static orifices located in the wing, and the 
path of the ink taken in the boundary layer was photographed. 


The estimated probable errors in the aerodynamic coefficients are as 
follows: 


+0.0015 ; +0.0006 
10.0030 | + %0.0005 | +0.0005 
18.4 x 100 | +0.0020 +0.0005 | +0.0005 | +0.0001 


Calibration of the tunnel shows the Mach number to be 1.62 + 0.01 
and 1.95 t 0.015. For the blowdown jet the Mach number vas 1.90 * O.015. 
The probable error in angle of attack in referencing the models was %0.079 
with respect to the tunnel center line and %0.059 in relative angle of 
attack. 


RESULTS AND DISCUSSION 


Force Data 


The force data were obtained only with the semispan model in the 
blowdown jet at M = 1.90. Data are presented in figure 4 at Reynolds 


numbers of 7.2 x 106 ana 18.4 x 100 based on the mean aerodynamic chord. 


Force data taken at a R = 12.6 x 100 were the ваше ав those obtained. at 
R = 18.4 x 100 and, therefore, are not presented. 
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Lift.- No significant effects within the experimental accuracy can 
be noted on the lift throughout the range of Reynolds numbers tested. 
The lift-curve slope is linear up to about an angle of attack of 8° where 
the slope begins to decrease because of separation effects. For the low 
angles of attack the slope of the lift curve was 0.0290 per degree сош- 
pared to the value of 0.033 as obtained from theory in reference 5. 


Drag.- The only significant change in the drag data with Reynolds 
number was a variation of Cp in’ A value of Cp | of 0.0094 was 


Obtained at a Reynolds number of 7.2 X 106 and decreased to 0.0086 at а 


Reynolds number of 18.4 x 10°, Up to about an angle of attack of 8° a 
slight decrease in drag coefficient with increasing Reynolds number may 
also be noted. It is believed that the wing boundary layer is almost 
entirely turbulent at the test Reynolds numbers, and a decrease of this 
order of magnitude in drag coefficient is to be expected with increasing 
Reynolds number. 


Integration of the pressure distributions obtained at a Reynolds 


number of 18.4 x 100 (fig. 5) gives a value of 0.0051 for the pressure 

drag coefficient for this wing. When the pressure drag coefficient is 

subtracted from Ера for the wing mounted on the sidewall, а value 
n 


of 0.0035 for the skin-friction coefficient is obtained at a Reynolds 


number of 18.4 x 10°, For the wing in the presence of the boundary- 
layer scoop the skin-friction coefficient was found to be 0.0040. For 
a flat plate at the same Reynolds number, reference gives an experi- 
mental value of 0.0044 for the turbulent skin-friction coefficient; this 
value compares favorably with that obtained for the wing. 


Lift-drag ratio.- A value of 7.2 for (1/2) ш is obtained at the 


highest Reynolds number. This value decreases slightly with decreasing 
Reynolds number; this decrease is due in part to the increase in skin 
friction obtained at the Lower Reynolds numbers. 


Pitching moment.- The only discernible Reynolds number effects appear 
in the pitching moment although even these are small. Figure 4 shows that 
at the higher angles of attack the center of pressure of the wing moves 
forward slightly with increasing Reynolds number. The shift amounts to a 
forward movement of the center of pressure of about only 1 percent of the 
mean aerodynamic chord at an angle of attack of 16°. The reversal in slope 
in the moment curve at about an angle of attack of 8° coincides with the 
point at which the lift-curve slope begins to decrease. 


Leading-edge suction.- The linearized theory predicts that a suction 
force is developed on round-nose airfoils at supersonic speeds when the 
leading edge of the airfoil is swept behind the Mach cone. When the value 
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of the drag-rise factor ACD/C,? is less than the reciprocal of the 


lift-curve slope, a suction force is developed which indicates that the 
resultant lift vector is tilted forward. Experimentally, a decrease in 
skin friction with increasing angle of attack would also show the same 
effect. Since it is not possible to isolate completely the skin-friction 
effects on the drag-rise factor, the concept of leading-edge suction 
should be used only as a convenient method of comparing the relative 
merits of different wings. 


Figure 6 shows the experimental variation of Ap with e? ag 


well as the theoretical curve assuming the wing to be developing full 
leading-edge suction. Only about 15 percent of the theoretical suction 
force was indicated. Although the data are not shown, & change in Reynolds 


number from 7.2 x 100 to 18.4 x 100 bad по effect оп the leading-edge 
suction for this wing. Figure 7 is presented in order to show more clearly 
the little drag relief that was obtained. The theoretical chord-force 
coefficient, assuming the wing to be developing full leading-edge suction, 
was calculated by the method of reference 2 by using the theoretical lift- 
curve slope for the wing. The theoretical curve if extended indicates 
that the wing would actually have a negative value of chord-force coef- 
ficient at an angle of attack above 5° if full suction were attained. 
Actually, of course, the leading-edge-suction force is limited to some 
value of pressure close to vacuum acting on a small area along the leading 
edge. The experimental curve does show a decrease in C, but it is 


nowhere near the order predicted by theory. 
FLOW STUDIES 


An examination of the pressure data indicated that the character of 
the flow over the wing is, in general, the same at M=1.6 and 1.9 as 
it was at M=2.41 (ref. 1). Pressure discontinuities on the wing upper 
surface show that standing shock waves exist at each of the test Mach num- 
bers. For example, figure 8 shows the spanwise variation of upper-surface 
pressure coefficients at the 90-percent root-chord station for a wing 
angle of attack of 109 at М = 1.9. The data at each Reynolds number 
indicate that a separated region exists near the leading edge and is fol- 
lowed by an abrupt change in pressure which usually denotes the presence 
of a shock wave. From additional spanwise pressure plots, the shock wave 
was found to lie along a ray through the wing apex. 


A flow-direction survey was made just above the wing surface by means 
of weathercocking vanes placed on the full-span wing. In addition, the 
flow direction in the boundary layer was observed by means of an ink-flow 
technique. From the results of the vane survey, it was found that outboard 


ра Sy ° 


of the shock wave lying along a ray through the wing apex the flow was 
toward the root chord, whereas, behind the shock wave, the flow was 
approximately parallel to the root chord. Figure 9 shows some results 
of the flow-direction survey made at the '(O-percent root chord station. 
At М = 1.62 and М = 1.95, the local flow angles increased with 
increasing angle of attack. It should be noted that the abrupt change 
in the indicated flow angles occurs at the location of the shock wave 
On the wing surface as determined from the pressure distributions. Com- 
plete results of the vane survey are presented in table I. 


The flow direction in tbe boundary layer was observed at M = 1.95 
in the Langley 9-inch supersonic tunnel over an angle-of-attack range as 


the Reynolds number varied from 1.5 x 10° to 5 x 100. Ink was admitted 
at several points on the full-span wing upper surface and the resulting 
flow patterns were photographed as the angle of attack and Reynolds num- 
ber were varied. Figure 10 shows some results of the ink-flow studies 


obtained at а Reynolds number of 1.5 х 106 over ап angle-of-attack range. 
With the wing at an angle of attack of 09 the ink flowed approximately 
parallel to the stream direction, but, ав the angle of attack increased, 
the ink showed that the boundary-layer flow at the wing surface was turned 
outboard and toward the tip. The ink-flow pictures as well as the pres- 
sure data show that separation begins at the tip and moves toward the wing 
apex with increasing angle of attack. Combining the results of pressure 
distributions, vane surveys, and the ink-flow photographs led to the con- 
clusion that the flow configuration was probably as shown in figure 11. 

A lambda shock occurred on the wing with the front leg starting at the 
point of laminar separation and the back leg originating along the line 

of flow reattachment. Between the two legs of the Lambda shock the flow 
direction was outboard on the wing surface and inboard a small distance 
above the surface. Behind the back leg of the lambda shock the flow just 
above the surface is approximately parallel to the stream direction as 
shown by the vane survey. Similar wing-shock configurations were photo- 
graphed and reported in reference 5. 


Pressure data obtained at a Reynolds number of 18.4 x 100 show that 
up to an angle of attack of 16° (the limit of the present tests) the back 
leg of the lambda shock moves inboard and the leading-edge separation 
continues to move toward the wing apex with increasing angle of attack. 


Figure 12 shows some ink-flow pictures for the wing at an angle of 
attack of 2° as the Reynolds number was varied from 1.5 x 100 to 5 x 100 


at М = 1.95. At а Reynolds number of 1.3 х 100, the ink-flow photographs 
indicate that separation has started near the tip as evidenced by the ink 
flowing along the leading edge. As the Reynolds number is increased the 
point of leading-edge separation moves toward the tip until finally the 

ink spreads out over the wing surface and then flows in the stream direction 
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which shows that the flow is no longer separated. The pressure- 
distribution data also indicate that an increase in Reynolds number 
delays the leading-edge separation to a higher angle of attack. 


LOADING 


It has been shown that an increase in test Reynolds number changes 
the flow over the wing. It will, therefore, be of interest to determine 
the effect that Reynolds number has on the wing Loading coefficients. 
Only ‘representative data which show the effects of Reynolds number are 
plotted in this paper. Complete pressure data for the wing at M = 1.62 
and M = 1.9 are presented in tables II and ПТ. 


Figure 13(a) shows the chordwise variation of loading coefficients 
for the wing аъ М = 1.9 and a= 6° for Reynolds numbers of 2.2 х 106 


and 18.4 x 10°, At the 11.1-percent semispan station there is little 
effect of Reynolds number on the loading, but in moving outboard the dis- 
tribution and magnitude of the chordwise loading coefficients change with 
Reynolds number. For example, at the 77.7-percent semispan station the 
higher Reynolds number tests result in loading coefficients on the order 
of 15 to 20 percent higher than those obtained at a Reyonolds number 


of 2.2 X 106. The agreement between experiment and theory is good at 
the inboard station, but becomes progressively worse in moving outboard 
owing to flow separation which begins at the tip. Аз a result of flow 
separation the loading over the three outboard stations is not linear 
with angle of attack. The variation in loading at the inboard station, 
however, is nearly linear over the entire test range. 


It was found that the greatest changes in loading coefficients 
occurred as the Reynolds number was increased from 2.2 X 106 to 7.2 X 106. 


As the Reynolds number was further increased to 18.4 x 100 the loading 
continued to vary but the changes in loading over that obtained at a 


Reynolds number 7.2 x 106 were small. As the angle of attack increased 
above 6° the effects of Reynolds number on the chordwise loading coef- 
ficients decreased. The pressure data indicate that at about an angle 
of attack of 14° Reynolds number will have little effect on the loading 
coefficients since the flow has separated over most of the wing even at 


а Reynolds number of 18.4 x 10°. The pressure-distribution data obtained 


at а Reynolds number of 7.2 x 10° in the Langley 9-inch supersonic tunnel 
at angles of attack up to 10° (the limit of the tunnel tests) were in good 
agreement with those data (not presented) for the wing at the same Reynolds 
number in the blowdown jet. 
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As shown by figure 13(b) the same general changes in wing loading 
occurred with Reynolds number at M = 1.62 as occurred at M=1.9. 


Even though the highest test Reynolds number at M = 1.62 was 7.2 x 100 
it is believed that the loading coefficients presented are approximately 
the same as would be obtained at higher Reynolds numbers since at М = 1.9 


and М = 2.41 an increase in Reynolds number above 7.2 x 100 had little 
effect on the wing loading coefficients. 


Figure 13 illustrated that Reynolds number had significant effects 
on the distribution and magnitude of chordwise loading coefficients. It 
is important, then, to examine the effects of Reynolds number on the 
Spanwise loading which was obtained from the integrated pressure distri- 
butions at each chordwise station. 


Figure 14(a) shows the variation in experimental loading across the 
span for the wing at angles of attack of 6°, 109, and 169 at M - 1.9. 
It may be seen that the effects of Reynolds number on the spanwise loading 
are small. At an angle of attack of 6°, for example, the integrated data 
obtained at a Reynolds number of 18.4 x 100 result in a lift coefficient 
approximately 4 percent higher than the lift coefficient obtained at a 


Reynolds number of 2.2 х 10°, The experimental data and theory show good 
agreement at an angle of attack of 6°. As the angle of attack increases 
to 16° the shape of the span-loading curve changes from near elliptical 
to approximately a triangular distribution. Figure 14(b) shows that the 
span loadings at M = 1.62 also follow the same trends. 


CONCLUSIONS 


From the experimental investigation to determine the effects of 
Reynolds number on the aerodynamic characteristics of a delta wing the 
following conclusions may be drawn: 


1. Over ап angle-of-attack range of 09 to 16° at Mach number 1.90 
the only significant effect of a Reynolds number change from 7.2 х 100 


to 18.4 x 100 оп the measured force data was to decrease the wing minimm 
drag coefficient about 8 percent. 


2. At Mach number 1.90, there was no effect of a Reynolds number 


increase from 7.2 x 10© +o 18.4 x 10° on the amount of leading-edge suc- 
tion developed by the wing which was approximately 15 percent of the 
theoretical value. 


. 
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5. At Mach numbers 1.62 and 1.9, а large increase in Reynolds num- 
ber definitely affected the magnitude and distribution of chordwise 
loading but had little effect on the resultant spanwise loading. 


lh. The shape of the spanwise loading curve varied from elliptical 
at the low angles of attack to more nearly triangular at the higher angles. 


5. With the semispan wing mounted directly to the tunnel side wall 
at Mach numbers 1.90 and 2.41, the wing aerodynamic characteristics were 
the same as those obtained with the wing tested in the presence of a 


tunnel boundary-layer scoop for Reynolds numbers of 12.6 x 100 and 18.4 x 10°, 


Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va., August 25, 1953. 
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APPENDIX 


The use of a boundary-layer scoop exhausting to the atmosphere pre- 
sents several problems. For example, the scoop will not start at low 
stagnation pressure which, of course, means that low Reynolds number 
tests cannot be made. In addition, a disturbance which is not always 
easily eliminated originates from the scoop—tunnel-wall juncture. It 
would be desirable and convenient, therefore, to conduct tests at super- 
sonic speeds without a boundary-layer scoop if the test results would 
not be adversely affected. 


During the present investigation, the effects of testing a 68.19 
delta wing with and without a boundary-layer scoop were determined. Тһе 
ratio of the tunnel boundary~layer thickness to wing semispan was about 
1/10 when the wing was tested without the boundary-layer scoop. 


Force test.- Figure 15 shows force data obtained at M = 1.90 and 

= 2.41 for the wing tested with and without а boundary-layer scoop. 
з px angle of attack of 169 (the limit of the present tests), the only 
Significant effect on the measured force coefficients of testing the wing 
mounted directly to the side wall was to lower tbe minimum drag coeffi- 
cient approximately 5 to 5 percent. А small decrease in drag coefficient 
is to be expected since part of the wing was immersed in the tunnel boundary 
layer. At М = 2.1 there was a slight rearward shift in the wing center- 
Of-pressure location when the wing was tested without а boundary-layer 
scoop in place. At an angle of attack of 16° the rearward center-of-pressure 
shift was about 1 percent of the mean aerodynamic chord. 


Pressure data.- For the no-scoop condition, if the tunnel’ boundary 
layer were to influence the pressure distribution over the wing, the 
pressures at the inboard stations would be most affected. Figure 16 
presents representative plots of pressure coefficients at the 11.1- 


percent semispan station for M = 1.9 and a Reynolds number of 18.4 x 100. 
Figure 16 shows that the pressure data obtained by the two methods of 
testing are the same. The agreement shown at the inboard station is 
typical of the pressure distributions at the other spanwise stations 

over the test angle-of-attack range of 0° to 16°. 


Figure 17 shows some typical pressure distributions at M = 2.41 
for the ll.l-percent and 55.25-percent semispan stations. At the 11.1- 
percent semispan station the pressures show some disagreement over the 
forward 40 percent of the airfoil between the two methods of testing. 
At angles of attack, the scoop tests result in slightly higher negative 
pressures on the upper surface than do the no-scoop tests. The trends, 
which occurred at a= 89, continued to the hlgher angles of attack, but 
the agreement was somewhat improved at the higher angles. 
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At the 54.3-percent semispan station the pressures obtained show 
good agreement over. the forward 60 percent of the airfoil at a = 0°, 
but over the remainder of the airfoil the scoop tests again result in 
higher negative pressures than those pressures obtained without the 
boundary-layer scoop. When the angle of attack is increased to 8°, no 
differences in the pressure distributions are noticeable. The pressures 
obtained at the 55.5-percent and the 77.7-регсепб semispan stations were 
we rr m both methods of testing over the angle-of-attack range of 
О“ to 16°. 


It may be seen, therefore, that tbe no-scoop tests result in local 
decreases in lifting pressures on the order to 5 percent below the pres- 
sures obtained with а scoop-mounted model. The local reductions in lift 
are also apparent in the force data which indicated a slight rearward 
shift in the center of pressure for the no-scoop tests. 


The results of the present tests indicate that, when testing highly 
sweptback wings at Mach numbers of about 2 and Reynolds numbers of 12 x 106, 
if the ratio of tunnel-boundary-layer thickness to wing semispan is of 
the order of 1/10, correct over-all aerodynamic characteristics can be 
obtained by mounting the model directly to the tunnel sidewall. Local 
lifting pressures over inboard stations, however, can be in error approx- 
imately 5 percent at low angles of attack. 


NACA ЕМ 155108 ly | 15 


REFERENCES 


1. Hatch, John E., Jr., and Hargrave, L. Keith: Effects of Reynolds 
Number on the Aerodynamic Characteristics of a Delta Wing at Mach 
Number of 2.41. МАСА RM L51H06, 1951. 


2. Love, Eugene 5., Coletti, Donald E., and Brom, August F., Jr.: 
Investigation of the Variation With Reynolds Number of the Base, 
Wave, and Skin-Friction Drag of a Parabolic Body of Revolution 
(NACA RM-10) at Mach Numbers of 1.62, 1.93, and 2.41 in Langley 
9-Inch Supersonic Tunnel. МАСА RM І52Н21, 1952. 


5. Brown, Clinton Е.: Theoretical Lift and Drag of Thin Triangular Wings 
at Supersonic Speeds. НАСА Rep. 839, 1946. (Supersedes NACA TN 1183.) 


l.. Wilson, В. E., Young, E. C., and Thompson, M. J.: 2nd Interim Report 
on Experimentally Determined Turbulent Boundary-Layer Characteris- 
tics at Supersonic Speeds. CM 501 (ut/DRL 196), Contract NOrd-9195, 
Bur. Ord., Univ. Texas, Defense Res. Lab. The Johns Hopkins Univ. 
Appl. Phys. Lab., Jan. 25, 1949. 


5. Love, Eugene 5., and Grigsby, Carl E.: A New Shadowgraph Technique 
for the Observation of Conical Flow Phenomena in Supersonic Flow 
and Preliminary Results Obtained for a Triangular Wing. КАСА 
TN 2950, 1953. 


16 


TABLE I 


MEASURED LOCAL FLOW ANGLES 


nu angles in degrees| 


M = 1:62; R s 1.4 X 100 


M = 1.95, R = 1.5 x 100 


МАСА ЕМ L53108 


со EC KN QJ Ov. COO O 
Куд KY кы ^ Q 


тата суетата күз, иа 


гі вм O CO М c CO CO (N NO + чо IX 


cO г КУ ч rt КУЮ XO NO 
жадыны ri rA rr гі 


39 


МАСА RM L53105 


« = 169 


ще 


ЕЕ 


Ф 


ESES 


ә” 


D Е.Н ме 
ADANE 
om N 


ega s 


s 


985458 


t “t 


шыннын ТІ ШЕТІ 


Ut SE SE 295 3:31 1101 и ; 


1133133 4 28 SE SEE LEE CEE chic ee PEELE CEE Lt: bs 
SERRE ISSA ТЕТЕ ЕРЕ 


UC £42] 1g: t4 1 reds г гүн kere 


Н АГЕН 
ШШЕ FE 


iini ТЕРЕНЕ 


. 9 ¢ 


кыши Tm 88854 


ЕНЕНЕ 


18 NACA ЕМ L55108 


[Л EPE LLIE EEE BEKEN ERAARRARARARRES 


Oo r £g jl £t il 9 583 132 3 11 0E 0 13 t 


CEEEECEEEPPEBELE: 


@ w Ф Üw е 9 <q э t 9 w 9 bà = = m 


БЕТТІН 


= € + . ә 
б 


2533:545233355858 
89224284834 


SRE EEE EEL CEES EEE ETS 


еее 9* е е е ө <q 4 е е 9 9 а = 9" € > * 


TRARARR 


PELLEPEEEEEETTEPEI 


ТЕТІН 


t ьо = ған > 


35444 18 £252) 9335 98 £98 1| 


“ee >» > 
° 
ЕБІ 299 5 $1 t 4 


553825853358 85 ES SEES 


88084552542 


еРІРІ b ІРІП 


H 
І 


" Е 
e в... ы 
ims ЕТЕ 
B 


3 


ЗГГСРГГГРГРЕГГГГРЕГГЕГЕТ ГІГЕТГТТРГГГІ 
Ышш 684888888232 
НІНЕН 

- ТЇРЇ 
2885368938 


"uda um 


88388558 


8 


.007 


ЕЕЕ 


e +» > 9 а э е вз $ | 4 < е < "290 > ғғ >э е 9 ee Fe Зоо 5 э » 5» гт © 


wq og Pe oy ox O туч"; 
or JEAIRSES 


НАСА RM 155108 w 19 


TABLE IL - EXPERIMENTAL PRESSURE COEFFICIENTS ~ Continued 
И = 1.93 


Wt UE an 


| Station | со» 10° 


E сөзі 
b/2 


0.111 


0.333 


0,555 


0.777 


- e -— a — -— ..— — — 


20 айы) МАСА RM L53108 


TABLE II. - EXPERIMENTAL "Ee ЕТІС» - Concluded 


MUS БЕКІТ | are NCC M 


cant 


а 


NACA RM L53108 


TABLE ПТ. — EXPERIMENTAL PRESSURE COEFFICIENTS 
Не 1.62 


wan 


0.555 
42 
66 
88 
x 


— — —— - — — — — — ——  —— — —À —— n. = — x — — .- Ако ee! жасы 


-- --- её 


NACA RM 155106 


TABLE ПТ, — EXPERIMENTAL PRESSURE COEFFICIENTS - Concluded 
M = 1.62 


БЕЗГЕН WW БЕРЕН 


NACA RM 155108 


a аа — ee — — 


ee 


L-80172 


Figure 1.- M = 1.90 blowdown jet. 
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(a) Spanwise variation of maximum thickness ratio. 
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(b) Sketch of wing amd pressure survey stations. 


Figure 2.- Spanwise variation of maximum thickness ratio and location of 
pressure-survey stations. 
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Figure 4.- Variation of wing aerodynamic characteristics with angle of 
attack for different Reynolds numbers. M - 1.90 
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Figure 5.- Variation of pressure coefficient with thickmess ratio. 
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Figure 6 


Chord force coefficient, С. 


Figure 7.- Comparison of experimental end theoretical chord-force 
coefficients. M = 1.90. 


дотест WH YOUN 


62 


50 


Ру 


Pressure coefficient, C 


Percent local semispan 


КАСА RM 155108 


Figure 8.- Spanwise variation of upper-surface pressure coefficient at 


O.90c+ at different Reynolds numbers. 
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Figure 9.- Measured local flow angles at O.70c, station. R 
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Figure 9.- Concluded. 
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Figure 10.- Ink-flow studies of boundary-layer flow on wing upper surface. 
Angle-of-&ttack effects; R = 1.5 х 106; М - 1.95. 
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Figure 11.- Pictorial sketch of flow over the wing upper surface at 
moderate angles of attack. M = 1.90. 
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Figure 12.- Ink-flow studies of boundary-layer flow on wing upper surface. 
Reynolds number effects; а = 29; М = 1.95. 
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Figure 15.- Chordwise variation of loading coefficients at different 
Reynolds numbers. а = 69. 
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Figure 15.- Concluded. 
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Figure 14.- Spanwise load distribution at different Reynolds numbers. 
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Figure Щ.- Concluded. 
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(a) M = 1.90. 


Figure 15.- Variation of wing aerodynamic characteristics with angle of 
attack showing the effects of testing with and without & boundary- 
layer scoop. R = 18.4 x 109... mnn 
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(b) M = 2.4; R = 18.4 x 100. 


Figure 15.- Concluded. 
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Figure 17.- Comparison of pressure distributions obtained with and without 
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